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WING-FLOW  INVXSTIGATION OF THE CHARACTERISTICS O F  SEWEN 

UNSWEPT, UMTAPEBBD AIRFOILS OF ASPECT RllTIO 8.0 

By Ea,rold L. C r a n e  and James J. Adams 

A series of seven  10-percent-thick unswept and untapered a i r f o i l s  
of  aspect  ratio 8.0 have been tested by the wing-flow method at Mach 
numbers from 0.65 t o  1.08 and a Reynolds number of approximately 700,000. 
The sectfins of the a i r f o i l s   t e s t e d  are as follows: (1) RACA 65-010, 
(2) NACA 65-210, (3)  NACA 836D110, (4) NACA 847sll0, ( 5 )  10-percent- 
thick  section  with  3-to-l   el l iptical  nose and long straight-sided 
afterbody, (6) Thichess   dis t r ibut ion of a i r f o i l  ( 5 )  and reflex mean 
line obtained from the  difference between aa NACA 420 and an NACA 240 
camber line, and (7) Thickness dis t r ibut ion of  a i r f o i l  (1) and camber 
line of a i r f o i l  (6) .  

The most significant  feature of the results w a s  the occurrence of 
an unstable pitching-moment vaziation  with angle of a t tack   for  small 
angles of attack at Mach numbers of 0.85 t o  0.90 f o r  all the a i r f o i l s  
which had a conventional  thickness  distribution. This Fnstabll i ty was 
not   present   for   a i r foi ls  ( 5 )  and ( 6 )  which had blunt  noses and straight- 
sided afterbodies  with sma,ll trailing-edge angles. A t  the test Reynolds 
numbers the  over-all aerodynamic characterist ics of the blunt-nosed air- 
foils were undesirable, however, because of high drag and loss in lifting 
effectiveness at very small angles of attack. The use of the mea line 
obtained by subtracting an NACA 240 from an NACA 420 nem l ine,  thereby 
confining  the curvature. t o  a small region  near  the  nose,  reduces  the 
lmge  changes i n  angle of zero lift such as were encountered by the 
NACA 65-uo a i r f o i l  through the transonic speed range. The pitching- 
moment characterist ics were  not Improved, however, a d  an increase Fn 
drag  resulted. In  addition, it appears from these results that, f o r  a 
reflex-cambered a i r f o i l  with the point of inflection ne= the leading 
edge, separation will be likely t o  occur at a wI&u positive  angle of 
a t tack due t o  the  predominatin& W h e n c e  of the negative camber on the 
rear portion of the  a i r foi l .   Subject   to  the low Reynolds numbers and 
other  l imitations of  the wing-flow method, the NACA 65-010, 65-210, and 
84'j'BllO airfoils had more desirable over-all aerodynamic characteristfcs 
in  the transonic speed  range  than  the  other a i r f o i l s  tested.  . 
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INTRODUCTION 

A series of invest-igations of the  characterist ics of airfoils, and 
airfoi l   sect ions at transonic speeds are being conducted by the wing- 
flow method. Ln the  present  investigation  the  characteristics of seven 
10-percent- thick  a i r foi ls   a l l  having  the same plan form w i t h  Oo sweep, 
a simulated  aspect  ratio of 8 .o, and a taper ra t io  of- 1 .O were measured. 
The purpose  of the  investigation w a s  to   obtain data which would be 
useful   in  making selections of airfoils  for  transonic  applications such 
as, fo r  exemple, sweptback wings having camber and t w i s t - .  The use of 
cambered airfoi ls   or   a i r foi ls   wi th   large leading-edge radii would appear 
desirable t o  improve the maximum-lift characterist ics and reduce  the 
tip-stalling  tendencies of  such wings at low speeds. The present tests 
included a i r f o i l s  w i t h  camber lines which were intended t o  reduce the 
undesirable  effects. of'camber at transonic  speeds. In addition, two 
blunt-nosed a i r f o i l s  were included t o  determine the effects  of t h i s  fea- 
ture on the transonic  characterfstics. More complete  information  about 
the test a i r fo i l s  is  given in the section " D E S C R ~ I O N  OF TEST AIRFOIL 
SECTIONS. 

Measurements were made of normal force,  chord  force, and pitching " 

moment at- angles of attack from approximately -6O t o  approximately 14'. 
The Mach number range was  from 0.65 t o  1.08 at Reynolds numbers between 
650,000 and 750,000. Data were also obtained on one model of the ser ies  
w i t h  a narrow s t r i p  of fine carborundum par t ic les  on either surface near 
the  leading edge. 

This  paper  presents and discusses  the data obtained. 

DESCRIPTION OF TEST AIRE'OIL SECTIORS 

The seven a i r f o i l s  which have been tes ted were all 10 percent  thick 
and are shown i n  figure 1. The figure shows both the design  contour 
and a typical  actual contour at one spanwise s ta t ion   for  each a i r f o i l .  
Two NACA 65-series  airfoils,  65-010 and 65-u0, were included  because 
they were considered t o  be representative of common usage for  airplanes 
designed to  operate at the upper end. of the  subsonic  speed  range. 

Two a i r fo i l s ,  NACA 836D110 and 84pll0, of a series which was 
recently developed at the Ames Laboratory  (reference 1) were included t o  
determine whether the  characteristics which were exhibited up t o  a Mach 
number M = 0.85 i n  the w i n d  tunnel would be present  throughout  the 
transonic speed range. The NACA 8-series a i r f o i l s  were developed with 
the object of  elfmineting the variation  with Mach number of the angle of 
attack  to  niaintain  the  design lifb coefficient-. The design principle I 
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which w a s  used i s  discussed  thoroughly in reference 1, which a l s o  
presents  two-dhensional test results up t o  approximately M = 0.88 
for   the 8-series airfoils.   Briefly,   the 8-series a i r f o i l s  were designed 
t o  induce by m e a n s  of reflex camber a growth in the boundary layer on 
the lower  surface t o  match the growth in  boundary layer on the upper 
surface due to  compressibil i ty  effects and thus t o  e l i m k t e  any change 
in   the  effect ive camber. 

Two blunt-nosed a i r f o i l s  w e r e  also included. The f i r s t  was an 
uncambered a i r fo i l   wi th  a 3-to-1 e l l i p t i c a l  nose which faired in to  a 
long straight-sided afterbody. According t o  a correlation of maximum- 
lift data by Multhopp i n  reference' 2 t h i s   a i r f o i l  should have approx- 
imately  the  opthum  bluntness  for  developing maxFmum l i f t  coefficient 
and therefore  should  develop as much as 0.3 higher l i f t  coefficient  than 
the NACA &series   a i r foi ls .  It was thought that   the  long straight- 
sided afterbody would minimize  changes in moment character is t ics  in  the 
transonic speed range. 

The other  blunt-nosed a i r f o i l  had the same th fchess   d i s t r ibu t ion  
but w a s  cambered f o r  a design lift coefficient of 0.3 using a mean line 
determined by subtraction of an NACA 240 from an NACA 420 camber line. 
This  combination of mean lines results Fn an S-shaped camber line such 
as is the case  with  airfoils of the 8-series, but which has the point 
of fnflection  farther  forward. It was thought that a camber line which 
confined  the lack of symmetry t o  a small region near the leading edge 
might reduce pitching-moment variations and/or changes in the angle of 
zero lift in the transonic  range. The seventh test a i r f o i l  combined the 
thickness  distribution of the NACA 65-010 a i r f o i l  with  the camber line 
obtained from the difference of the NACA 420 and 240 mean lines. It 
should be noted from figure 1 that the  fabrication of this a i r f o i l  was 
poor  with  the result tha t  the nose of the a i r f o i l  WBB sharp-edged. 

Figure 2 gives details and  dimensions of the plen form and instal- 
l a t ion  used in these  tes ts .  The models were made of 75s-T aluminum 
alloy. The chord of each model was 2 inches and the semispan 8 inches. 
A c i r cu lm end plate  1/32  inch thick was used t o   a c t  i n  conjuction with 
the t e s t  p-1 as a reflection  plane  to simulate fill-span  conditions. 
The gap between the end p la te  and the test  panel was approximately 
0.1 inch. 

For one flight the leading edge of the NACA 65-010 a i r f o i l  was 
roughened on both  surfaces with a s t r i p  of  0.002-inch  carborundun pa r t i -  
c l e s  imbedded in shellac. The roughness s t r ip s  were approximately 
0.1 inch wide and were located  0.05  inch back  from the  leading edge. 

I 

- - 
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The models were m o ~ t e d  on the right wing of a fighter-type airplane. 
A close-up of one of the   a i r fo i l s  mounted on the test p e l  i s  shown in 
figure 3. The flow-direction vane is  also visible  in the photograph. 
The contour of a portion of the wing had been modified t o  reduce the 
velocity  gradient  across  the. mode& .qd. to  place  the wing  compression 
shock behind the model. 

Plots of the chordwise and ver t ica l  Mach number gradients in the 
tes t   region are presented in   f igure  4. A .c.ha,rt-wqs prepared, from the 
pressure-distribution data fo r  the test panel,  of-the  average Mach 
number of the  flow  over  the  model.as a function of airplane Mach  number 
and lift coefficient. In the reduction  of data this   char t  was used t o  
determine  the Mach number a t  the model, which, in turn, was used t o  
determine the dynamic pressure at the model. 

Th.e aerodynamic forces and moments were measured w i t h  a deflection 
type of balance w W c h  w a s  equipped  with  autosyn  pickups. The at t i tude 
angle and the angle of  f.low were a l s o  recorded  through  autosyn  pickups 
and the  five  variables, normal force,  chord  force,  pitching moment, 
a t t i tude  angle, and the angle of flow, were recorded  continuously on 
a single film. 

Since  the  flow  direction vane was mounted 22 inches  outboard of 
the model, it w&s necessary t o  apply a correction  for the difference in 
angle  of f l o w  be-tween the vane location and the model location. The 
angle of attack w a s  the sum of the  attitude  angle and the  corrected 
angle of flow.  Airspeed, a l t i tude,  n o d  acceleration, and free-air 
temperature were recorded  with standard NACA instruments. 

During f l igh t   the   a t t i tude  angle of the test model was varied con- 
tinuously fmm. . -6O t o  14O at"pproxirnately 1 cycle pkr second by an 
electric  actuator.  Thiskrate of oscil lation  resulked  in a maxiruum rate 
of pitching  of the order of lo per 80 chords of motion  with  respect to 
the air stream, which i s  believed to be sufficiently small t o  approxi- 
mate static  conditions. 

The data were obtained in a dive and pull-out which m s  designed 
t o  y-ield the maxiam Reynolds number obtainable at any Mach  number " 

within  the limits of safe  operation of the airplane. The t e s t  runs 
were recorded s ta r t ing  at an airplane Mach number of 0.73 a t  l5,OOO f ee t  
and holding an indicated  airspeed of 450 miles an hour  with a pull-out 
to level  flight at5,OOO fee t .  With this procedure  the  test-Reynolds 
number remained  between 650,000 and 750,000. 
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PRESENTATION OF RESULTS 
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An example of the wing-flow data showing the test points i s  pres- 
ented in  f i p x e  5.  In subsequent figures no t e s t  points  are  shorn Fn 
order  that it be possible t o  present  data f o r  Mach numbers throughout 
the t e s t  range on a slngle figure. An indication of the  accuracy of 
the  various measurements i s  presented i n  the following table: 

t 

Variable 

Mach number, M 
Dynamic pressure, q, percent 
Angle of attack, a, degrees 
Normal force, N, pounds 
Chord force, C, pounds 
P i t chhg  moment, M, inch-pounds 

I Estfmated Dossibh error i n  - I 
Absolute val le  Coefficient 

fO .01 
k2.0 
k0.5 
f2.0 
fO .25 
*1.0 

The errors in coefficients are presented  for  the m-lnfmum dynamic pres- 
sure, which was 80 inches of water. These errors  would tend t o  be 
reduced s l ight ly  at the maxirmun dynamic pressure of 150 inches. It 
should be noted that because of the nature of the  instrumentation, 
errors  in increments of any measured variable  determined from the fa i red  
curves  presented herein w i l l  be smaller  than  errors i n  absolute  values. 
The values of chord force and drag have not been  corrected  for  the drag 
of the end plate  o r  model shank o r  f o r  any interference  effects. Previ -  
ous attempts t o  measure the  drag of the end plate  in the  presence of  
the model have not been successful. 

Figures 6 t o  12 present summary p l o t s   a t  Mach numbers throughout 
the   t es t  range of the  variations of normal-force,  chord-force, and 
pitching-moment coefficients with angle of attack  for  each of the seven 
a i r fo i l s   t es ted .  The increments of Mach number in the  presentation  are 
usually 0.05 but in some cases near M = 0.85 where large changes in 
characteristics  occur,  the Mach number increments  are  reduced t o  0.025. 
A t  somewhat larger  Mach  number intervals,  the data have been  converted 
t o  lift and drag coefficients and are plotted i n  polar form i n  figure 13. 
Figures 14 to ,  20 are f o r  the most part   cross  plots of the data obtained, 
which  were prepared to   a id  in  the analysis of the data. Figure 16 i s  
a comparison of the  results  obtained on the NACA 65-010 a i r fo i l   wi th  
and without  leading-edge roughness. 
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DISCUSSION OF. RESULTS 
c 

The resu l t s  of the wing-flow tests 0.f t h i s  series of a i r f o i l s  are 
discussed  largely from the  standpoint of what effect  the airfoil charac- 
t e r i s t i c s  would have on the longitudinal  stabil i ty of a complete airplane 
configuration. The longitudinal  stabfli ty of a complete conflgtration 
depends upon the downwash f ie ld  produced by the w i n g  as well as on the 
lift and pitching-moment characterist ics of the w i n g .  Since no meas- 
urements of downwash were obtained and since i n .  any case  the  effects of 
the  a i r foi l   character is t ics  on the longitudinal  stabil i ty of a complete 
airplane configuration depend upon the geometry of the configuration, 
the discussion must be regarded a s  qualitative.  Nevertheless,  airfoils 
which experience  smaller changes in lift and moment charac te r i s t ics   in  
the transonic range may be conaidered t o  be more favorable from the 
standpoint of longi tudinal   s tabi l i ty  and trim changes. 

It should be noted that the  detailed  cross  plots of the data which 
are presented were included on ly  in  an attempt t o  establish the relat ive 
merits of the various airfoils at transonic speeds. Because of the low 
Reynolds numbers and other  limitations of the test  method, these  figures 
should  not be considered valid as design  charts  for  full-scale 
configurations. 

L i f t  Characteristics 

Changes in the angle of zero lift or  i n  lift-curve slope with Mach 
number are likely t o   r e s u l t  in undesirable trim changes. The relative 
magnitude of the variat-lon of the angle o f z e r o  lift with Mach  number 
f o r  the tes t   a i r fo i l s  i s  i l lus t ra ted  by figure 14, which a lso  presents 
the variation of angle of attack with' Mach number required  to  maintain 
constant lift coefficients  of 0.1, 0.2, and 0.3. In this respect  the 
characterist ics of the blunt-nosed airfoils were more favorable  than 
the single-cambered NACA 6- and 8-ser ies   afrfoi ls .  The variation of 
angle of attack  for  constant lift coefficient was considerably  larger 
f o r  the NACA 65-210 a i r fo i l   than   for  any other of the  airfoFls  tested. 
A t  transonic  speeds the ref lex-cambered airfoil, having approximately 
the thickness  distribution of the NACA 65-uo a i r fo i l ,  had a much 
smaller  variation of angle of attack with Mach number for constant, 
small values of lift coefficient than the NACA 65-230. airfoil. A t  sub- 
sonic speeds and mall angles of attack  the  effective camber of the two 
a i r f o i l s  was approximately  equal. However, the reflex-cambered a i r f o i l .  
was subject 'to  separation a t -a  smaller angle of attack.  Susceptibility 
of this a i r f o i l  to separation was probably  aggravated by the -vert- 
ent ly  sharpened leading edge. I 
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The variation with Mach number of  the slope of the normal-force 
curves at angles of attack of Oo and 4' (which, a t  small angles of attack, 
very  closely  approxhate  the lift curves)  are  presented in figure 15 
f o r  the  seven t e s t   a i r fo i l s .  The over-all  tendency was toward a moderate 
decrease in C w i t h  increasing Mach  number over  the  test  range. 
Reexamination of figures 6 t o  12 shows that below the stall the lift 
curves of a l l  test a i r f o i l s  w e r e  more nonlineaz at  Mach numtkrs of 0.80 
t o  0.90 than elsewhere i n  the speed-  range. In most cases, 88 shown i n  
figure 15(a), the slope CNa a t  mall angles of attack was at  a m i n h m  

in this Mach  number range.  For  the uncambered airfoil with the e l l i p t i -  
c a l  nose, however, f o r  (r = OO passed through the m a x ~  at a 

Mach llllIpber of 0.85. In general the NACA 6- and 8-ser ies   a i r foi ls  and 
the cambered el l ipt ical-noaed  a i r foi l  had a less e r r a t i c  and therefore 
probably more acceptable  variation of lift-curve slope with Mach lxzmber 
than  the uncambered ell iptical-nosed  airfoil .  

Ha 

'Na 

The a i r f o i l s  all showed a loss in lifting effectiveness at l o w  
angles of attack at the lower t e s t  Mach numbers, such as was the case f o r  
the NACA 65-010 a i r f o i l  a t  an angle of attack of 80 and a Mach  number 
of 0.65. (See f ig .  6.) Corresponding changes in the slope of the chord- 
force and mOment curves which occurred a t   the  same angles of  attack axe 
indicative of flow separation. This f low condition would very  l ikely 
occm at higher angles of a t tack  a t   h igher  Reynolds numbers. 

The ear l ies t   reduct ion  in  lifting effectiveness  occurred w i t h  the 
blunt-nosed a i r fo i l s .  The data of figure 10 indicate that the uncarnbered 
elliptical-nosed a i r f o i l  was sub3ect to  loss in  l i f t ing  effect iveness  
a t  approximately 40 at a Mach number of 0.65. The reflex-cambered 
e l l i  t ical-nosed  a i r foi l  underwent a reduction in lifting effectiveness 
at 2 g . (See f i g .  11.) Emever, a t  negative angles the loss in l i f t i n g  
effectiveness did not  occur u n t i l  &u. angle of attack of 6O, which d d  
indicate that the inverted NACA 240 camber line seems t o  predominate. 
Application of the reflex-camber line t o  an a i r f o i l  having the 
FACA 65-010 thickness  distribution  except f o r  the  inadvertently  sharpened 
nose also resulted in an ear l ier   break in the lift and pitching-moment 
curves.  (See f ig .  12.) In this  case, however, it is uncertain whether 
the camber or  the sharpened nose was $rimarily responsible. 

According t o  a correlation of maximum-lift data by MUlthopp (ref - 
erence 2) the blunt-nosed a i r fo i l s  tes ted should have a high maximum 
lift coefficient. However, t e s t s  in  the Langley  two-dimentional low- 
turbulence  tunnel  (reference 3) have indicated that a Reynolds number 
of several  million would be required t o  realize  the maximum attainable 
lift coefficient. 



8 

A second test run was made with the MACA 65-010 a i r f o i l  model with 
leading-edge  roughness s t r ips   instal led on both surfaces. The s t r ip s  1 

were approxlmately  0.1.inch wide, were located 0.05 inch back from the 
leading edge,  and consisted of fine carborundum part ic les  0.002 inch. in - 
diameter fastened in  place with shellac.  Data-for  the NACA 65-010 air- 
f o i l  with end without  leadingedge  roughnkss are presented in figure 16 
for  three Mach numbers. The roughness strips  generally  decreased the 
rate of change of nom-a;l-force .coefficient with angle of attack a t  the 
lower test  Mach numbers and decreased the abruptness-of  the loss i n  
lifting effectiveness a t  the stall. At the higher test Mach numbers 
the  force and moment characterist ics  were--very  l i t t le  affected by 
leading-edge  roughness. 

Moment Chazacteristics 

The principal  point 0.f. interest  immediately  apparent from these 
data -is the type of moment variation encountered  near a Mach number 
of' 0.85. It is app.greritfrom  figures 6 t o  12 th& the NACA 6- and 8- 
series a i r f o i l s  had a,n S-shaped variation  of  pitching moment with 
angle of attack at Mach numbers -.the  region of 0.85 to 0.90 which 
resulted in  an unstable slope at mall angles of attack. This insta- 
b i l i t y  at midl angxes-of attack. amounted t o  a coniiderkble aerodynamic- 
center shift, the magnitude of which is  illustr-ated by figure 17, a plot  
of the  variation of aerodynamic-center  position  with Mach number at 
a = 0' and a'= bo f o r  all the  test-airfoF1s.  Figure 17 shows tha t  
there w a s  a general  tendency for   the aerodynamic center %-move rearward 
gradually f'rom approximately the quarter-chord point to the  vicinity of 
the  four-tenths-chord  point as the Mach  number increased from 0.65 to 
1.08. This tendency was interrupted  in the case of the NACA 6- and 8- 
series a i r f o i l s  f o r  a = 0' at a Mach  number of approxlmately 0.85 by 
a very marked forward movement of the aerodyqamlc center, a half chord 
ahead  of the  leading edge for  the NACA 836~110  .airfoil .  Such a movement 
of the aerodynamic-center  position would be higbly  obJectionable if it 
occurred a t  full-scale Reynolds nwhber wikh either an all-wing'  or a 
conventional afrplane configuration,  because it would result in  longi- 
tudinal   instabi l i ty   asd-posi lbly fi a tenaency t o  wing divergence. The 
NACA 84p110 a i r f o i l  had the smallest forward  aerodynamic-center shift 
of  the NACA 6- or  8-series  airfoils,  about 20 percent- chord, and the 
uncambered, blunt, el l iptical-nosed  airfoil   did not exhibit any appre- 
c iable   shif t  . 

- 

._ .. . .- .- -. . 

. r  - 

- .  . .  . . .. 

The wind-tunnel data of reference 1 for the NACA 65-010, 836~110, 
and 84VllO a i r fo i l s ,  which were obtained at- a Reynolds number of, 
1,900,000, did  not show any evidence of -%ability a t  small angles of  
attack at M = 0.85 to 0.90. How&ver, such an effect  could have been 
camouflaged by the fact- that M = 0.85 was close t o  the tunnel choking 
Mach number. Such ins tab i l i ty  has been noted  durlng t e s t s  of several 
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HACA 6-series a i r f o i l s  in the Langley 4- by 19-inch wind tunnel a t  tras- 
sonic speeds and a Reynolds number of 1,400,000. Results of the 
4- by 19-inch  tunnel  investigation have not  yet been  published. As yet, 
no ver i f icat ion of this ef fec t  at or  ne= ful l -scale  Reynolds nuder6  
has been  obtained,  because of' the  lfmitations of ex is t ing   t es t ing   fac i l -  
i t ies.  A t  larger  angles af attack  the data of reference 1 show a much 
more rapid  increase in  the s t ab i l i t y  of the moment curves  with  increasing 
Mach number than does the wing-flow data. It i s  not  certain whether 
t h i s  discrepancy i s  due t o   t h e  lower Reynolds numbr of the  wing-flow 
tests, t o  Fnadequacy of the  technique of correcting  the  wind-tunnel 
moment data f o r  w a l l  interference  effects,   or  to  the  fact  that wing- 
f l o w  models had a f i n i t e  aspect  ratio while the wind-tunnel models were 
two dimensiomd-. 

The variation  with Mach  number of pitching-moment coefficient  for 
the seven test a i r f o i l s  a t  a constant lift coefficients of 0.2 is  pres- 
ented in figure 18. These data show that all the test  a i r f o i l s  were 
subject  to  large and abrupt trim changes in the  transonic  region. Ln 
this   respect   the   character is t ics  of the  e l l ipt ical-nosed  a i r foi ls  were 
perhaps the least objectionable. 

The possibi l i ty  i s  suggested that a reflex-cambered a i r f o i l  having 
a moderately  blunt nose, which  would correspond t o  a posit ion of maximum 
thickness behind tha t  of the  elliptical-nosed &@=foils tested (15 per- 
cent  chord)  but ahead of the  posit ions of maximum thickness of the 
NACA 6- and 8-series a i r f o i l s  tested ( 4 0  o r  50 percent  chord)  could be 
developed t o  minimize trim changes in the  transonic  region. 

Drag Characterist ics 

As has been stated in the presentation  of  results, the values of 
drag given in this paper  include  the drag of the end plate  and any 
interference drag. However, the  end-plate effects would be very nearly 
the same f o r  all models. The drag  characteristics of the test airfoils 
a re   i l l u s t r a t ed   i n  polar form i n  figure 13. It should be noted that 
the  drag  scale w a s  varied t o  show the data more clearly. These data 
indicate that the drag of the el l ipt ical-nosed  a i r foi ls  was appreciably 
hfgher  than  that of the  other test airfoi ls ,   but   that   wi thin  the accu- 
racy of the data the NACA 6- and 8-series airfoils had approximately 
the same amount of drag. 

The variation  with Mach number of the maximum l i f t - to-drag ratios 
are presented in figure 19. &re again it i s  indicated that the 
NACA 6- and 8-series  airfoils,   except f o r  the reflex-cambered a i r f o i l  
with  the NACA 65-010 thickness  dietribution, had the more favorable  drag 
characterist ics.  
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Figure 20, which is  a plot  of minimum drag coefficient  against 
Mach  number for the  seven  airfoils tested, shows that   the  minimum drag 
of the blunt,  elliptical-nosed  airfoils was noticeably  higher, LC, = 0.01 t o  0.02, than  the d r a g  of the NACA 6- and 8-series models at 
Mach numbers of 0.65 t o  1.10. It is  l ikely that the ' m i n i m u m  test Mach 
number (0.65), was above the   c r i t i ca l  Mach  number for   the   e l l ip t ica l -  
nosed a i r fo i l s .  The drag rise occurred at a Mach  number about 0.1 
lower than w a s  the  case  for the other test airfoi ls .  Of' the NACA 6-  
and 8-series airfoi ls ,   the  NACA 65-010 a i r f o i l  had the  lowest and the 
reflex-cambered airfoi l   wi th   the approximate NACA 65-010 thickness 
dis t r ibut ian and the sharpened  nose had the  highest minimum drag  coef- 
f ic ien t .  The differences between the minimum drag of the NACA 65-210, 
836~110, and 847BllO a i r f o i l s  were small enough t o  be within  the  accu- 
racy of the data over most of the Mach number range. The drag rise due 
to  increasing Mach number was approximately similar fo r  each of the 
airfoils tested. 

b 

Figure 16 shows that   the   effect  of leading-edge  roughness on the 
NACA 65-010 a i r f o i l  was t-0 increase the chord force.  somewhat but also 
t o  delay  the  effects of separation as the angle o f a t t a c k  increased. 

It i s  interest-  to  note that according t o  the variation  of-chord 
force w t t h  angle 0-f attack in  figure ll, as w e l l  as the  other data f o r  
the a i r f o i l  with e l l i p t i c a l  nose and re f lex   caber ,  the negative -angle 
of attack at which separation  occurred at the lower test-Mach numbers 
w a s  approximately 8' compared t o  a v d u e  of approximate- 2O, positive. 
It appears from the& results .that, for  a reflex-cambered a i r fo i l   wi th  
the point of inflection near the leading edge, separation w i l l  be l i k e l y  
t o  OCCUT at small positive angles of attack due t o  the.predominating " 

influence of the  negative camber on the rear portion of thk e i r fo i l .  

- 

1 -  

CONCLUDING RENARKS 

The most significant  feature of  the results was the  occurrence of 
unstable pitching-moment variations a t  sma.I-1 angles of attack at Mach 
numbers of 0.85 t o  0 . 9  for  all of the  tes t  airfoils except the two 
with blunt- noses and mall trailing-edge angles. This behavior would 
be very undesirable if  it occurred at full-scale Reynolds numbers, 
because it would re.sult i n .  longitudinal  instabil i ty and possibly in a 
tendency t o  wing divergence. Two-dimensional wind-tunnel tests of 
three of  the   a i r fo i l s  at a Reynolds'number of 1,900,000 did not exhibit  
this   character is t ic .  Such a characterist ic might have been  camouflaged, 
however, by choking of the m d  tunnel.  Similar  instability has been 
noted in transonic wfnd-tunnel t e s t s  at a Reynolds number of 1,400,000. 
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No ver i f icat ion of the efrect at or  near  full-scale Reynolds n-ers has 
been  obtained, however. Tests to  investigate this ef fec t  at higher 
Reynolds numbers  would therefore be very desirable. 

Although the moment characterist ics of the blunt-nosed a i r f o i l s  
were desirable, at the test Reynolds numbers the over-all aerodynamic 
characterist ics of the  blunt-nosed a i r f o i l s  were undesirable because 
of high drag and loss in l i f t ing  effect iveness  at very small angles of 
attack. The a i r f o i l s  which had the smallest forward  aerodynamic-center 
shift with  favorable  characteristics in other respects were the 
NACA 84Pl lO and 65 -210 a i r f o i l s  . 

It appears from these data that the camber obtained by subtracting 
an NACA 240 from an NACA 420 mean line when applied  to the thickness 
dis t r ibut ion of the NACA 65-210 a i r f o i l   d i d  result i n  a smaller  vari- 
ation of angle of attack  for  constant l i f t  coefficient with Mach m e r  
but did not  reduce the pitching  tendencies. In addition, it appears 
from these  resul ts   that ,   for  a reflex-cambered a i r f o i l  with the point 
of inflection  near the leading edge, separation w i l l  be l ikely t o  occur 
a t  a small positive angle of at tack due to   t he  predominating  Influence 
of the  negative camber on the rear portion of the  a i r foi l .  

In most respects  the  characterist ics of the U C A  6-series and 
8-ser ies   a i r foi ls  were equally  favorable. It is  not felt ,  however, 
that the  present  investigation w a s  suff ic ient ly  comprehensive because 
of low Reynolds numbers and other  l imitations t o  select  any  one of the 
6-  or   8-ser ies   a i r foi ls   tes ted,  as having  the most desirable  character- 
i s t i c s  in the  transonic speed range. The W A  65.410, 65-210, and 
847B110 a i r f o i l s  had better over-all aerodynamic characterist ics at 
transonic speeds than the other   a i r fo i l s  tested. 

The possibi l i ty  i s  suggested by the analysis of the  resul ts  of 
this investigation  that  a reflex-cambered airfoil having a moderately 
blunt nose could be developed t o  minimize trim changes in the transonic 
region. 

Langley Aeronautical  Laboratory 
National  Advisory Committee f o r  Aeronautics 

Langley Field, Va. 
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Figure 1. - Design contour and ac tua l  contour at one station of  the 
tes t  a i r f o i l s .  
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Figure 2. - Plan view, and view from the t i p ,  of  the. .airfoil  i n s t a l l a t ion .  - 
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Figure 3 .  - Photograph of a i r fo i l  and fbw-direct ion m e  in place 
on wing-flaw airplane. 
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(b) Spanwise of the model. 

Figure 4. - Concluded. 
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Figure 5.- P l o t  of tes t  data as first obtained showing average amount 

of sca t te r .  NACA 836~110 a i r f o i l  a t  M = 0.875. 
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(a) Variation of normal-force and pitching-moment 
cocfficlents with angle of attack. 

Figure 6.- Measured force and moment characteristice of' MCA 65-010 air- - foil at Mach  numbers from 0.65 to 1.08. 
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(b) Variation of chord-force  coefficient 
w i t h  angle o f  attack. 

Figure 6. - Concluded. 
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(a)  variation of normal-force and pitching-moment 
coefficients with angle of attack. 

Figure 7.- Measured force and moment characteristics of mACA 65-210 air- 
foil at Mach  numbers from 0.65 t o  1-08. 
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(b) Variation o f  chord-force  coefficfent 
with angle of at tack.  

Figure 7. - Concluded. - 
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( a )  Variation of norraal-force and pitching-moment 
coefficient with angle of attack. 

M g w ~  8.- Measured force and moment characteristics of W A  836D110 air- 
foil a t  Mach numbers from 0.65 to 1.08. 
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(b )  Variation o f  chord-force  coefficient 
w i t h  angle of attack. 

Figure 8.- Concluded. 
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(a) Variation of nom-force and pitching-moment 
coefflclents with 'angle of attack. 

Figure 9.- Measured force and moment charecterist;ics of M C A  847BI.M air- 
foil at Mach numbers fmn 0.65 t o  1.08. 
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(b) V&iation o f  chord-force  coefficient 

- with angle of attack. 

Figure 9.- Concluded. - 
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I 
( a )  Variation of normal-force and pitcung-mment 

coefficients with angle of attack. 

Figure 10.- Measured force and moment  characteristics of  euipticd-nosed, 
10-percent-thick,  uncambered  airfoil  at Mach numbers from 0.65 to 1.08. 
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(b) Variation o f  chord-force  coefficient 
with angle of attack. 

Figure 10. - Concluded. 
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(a) Variation of normal-force and pitching-moment 
coefficients with  angle of attack. 

Figure 11.- Measured force and moment characteristics of elliptical-nosed, 
10-percent-thick, reflex-cambered airfoil a t  Mach  numbers from 0.65 t o  
1.08. 

I 

! I '  
rl I 



NACA RM L5lD24a - 

-95 0 

.9Q 0 

.85 0 

fb) Variation of chord-force  coefficient 
with angle of  attack. 

Figure 11. - Concluded. 
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( a )  Variation of normal-force and pitching-moment 
coefficient wTth angle of attack. 

Figure 12.- Pleasured force and m o m e n t  characteristics of a a l r f o i l  having - 
a nomind thickness  diatribution of the NACA 65-010 airfoil and a 
reflexed-camber l ine a t  Mach number6 0.65 t o  1.08. 
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(b) Variation of  chord-force  coefficient 
with angle of attack. 

Figure 12.- Conclude$. 
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(a) M = 0.65. 

Figure i3. - Lift-drag polars of the  seven test airfoils.  
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(b) M = 0.75. 

Figure 13. - Continued. 
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( 4  M = 0.85. 

Figure 13. - Continued. 
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(a) M = 0.9. 

Figure 13. - Continued. 
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( e )  M = 0.95. 

Figure 13.- Continued. 
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(f) M = 1.00. 

Figure 13. - Continued. 



(g) M = 1.05. 

Ffgure 13. - Continued. 
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(h) M = 1.08. 
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Figure 13.- Concluded. 
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(a) cL = 0. 

Figure 14. - Variation  with Mach number of angle of  a t tack  required for 
various  values of CL for the seven test  - a i r f o i l s .  - 
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(b) CL = 0.1. 

Figure 14.- Continued. 
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( c )  c r =  0.2. 

Figure 14.- Continued. 
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(a )  CL = 0.3. 

Figure 14. - Concluded. 
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(a )  a = 0'. 

Figure 15.- Variation of  the normal-force-curve slope C with 

Mach number a t  two d i f fe ren t   angles   o f   a t tack   for  the seven 
test  a i r f o i l s .  
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Figure 13. - Concluded. 
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(a) Variation of lift and pitching-moment 
characteristics  with  angle o f  attack. 

Figure 16.- Effect of leading-edge roughness on the force and moment 
characteristics of the NACA 65-010 airfoil at a Reynolds number 
of 0.7 x 10 6 . 
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(b)  Variation o f  chord-force coefficient 
w i t h  angle of  attack. 

Figure 16. - Concluded. 
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Figure 17.- Variation of the  aerodynamic-center position w i t h  Mach number 
a t  two different   augles  of a t tack  for the  seven test airfoils. - 
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Figure 18.- Variation of the  pitching-moment  coefficient  with  Mach number 
at a lift coefficient of 0.2 for  the-  seven  test a i r fo i l s .  - 
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Figure 19.- Variation of  maximum value  of lift-to-drag r a t i o  w i t h  
Mach number f o r  the seven test a f r fo i l s .  
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